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This i n t e r i m  r e p o r t  desc r ibes  t h e  major r e s u l t s  of work 
performed under JPL Contract 951246 during t h e  period 18 March 1966 - 
25 October 1966. This c o n t r a c t  has t h e  gene ra l  o b j e c t i v e  of determin- 
ing  the  design r e s t r a i n t s  imposed upon a spacec ra f t  by the  impingement 
of gases  and s o l i d  p a r t i c l e s  emanating from a s o l i d  p rope l l an t  rocket.  
The program was divided i n t o  two phases, one a n a l y t i c  and the 
o t h e r  experimental. The a n a l y t i c  phase included a l i t e r a t u r e  review'of 
t he  important a spec t s  of t h e  problem and t h e  development of a n a l y t i c  
techniques t o  q u a n t i t a t i v e l y  descr ibe  t h e  e f f e c t s .  Included i n  t h i s  
e f f o r t  were a review of gaseous impingement e f f e c t s ,  t h e  development 
of computational methods f o r  p red ic t ing  t h e  h igh  a l t i t u d e  rocket plume 
flow f i e l d  f o r  a gas p a r t i c l e  flow, and a review of hyperve loc i ty  impact 
work. 
The experimental  phase was devoted t o  study of t h e  impingement 
damage e f f e c t s  of micron s i zed  p a r t i c l e s  such as a r e  found i n  s o l i d  
p r o p e l l a n t  rocke t  exhausts.  
oxygen rocket motor were used t o  a c c e l e r a t e  micron s i zed  A 1  0 
t o  v e l o c i t i e s  ranging from 4000 f t / s e c  t o  over 10,000 f t / s e c .  
h igh  speed p a r t i c l e s  impinged on instrumented t a r g e t  samples. 
such a s  m a t e r i a l  removal, p a r t i c l e  hea t ing ,  and v a r i a t i o n  of su r face  
r e f l e c t a n c e  were s tudied .  
A helium gas  flow f a c i l i t y  and a hydrogen- 
p a r t i c l e s  
These 
E f f e c t s  
2 3  
The impact damage experiments are f i r s t  descr ibed ,  followed 
by the  c u r r e n t  r e s u l t s  of flow f i e l d  computer program development and 
t h e  review of gaseous plume impingement e f f e c t s .  
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SECTION 2 
IMPACTION DAMAGE STUDIES 
2.1 GENERAL DESCRIPTION 
The o b j e c t i v e  of these  s t u d i e s  i s  t o  ga in  more information 
about  t h e  problem of  su r face  damage due t o  p a r t i c l e  cloud impaction, 
i n  p a r t i c u l a r ,  f o r  t he  case of micron-sized A1203 p a r t i c l e s  such as 
emanate from a s o l i d  p rope l l an t  rocket  motor. Considerable work has been 
done t o  da t e  on hyperve loc i ty  impact of metal  par t ic les  upon metal 
sur faces .  This work has  been concerned exc lus ive ly  wi th  s i n g l e  p a r t i c l e  
impaction and has involved p a r t i c l e  s i z e s  of 1/32 inch t o  1/8 inch  in 
diameter.  These cu r ren t  experiments a r e  concerned wi th  d e l i n e a t i n g  the 
d i f f e rences  between t h e s e  s ing le  p a r t i c l e  impacts and cloud e f f e c t s .  
Much of t he  conventional hyperveloci ty  impact d a t a  can be 
represented by t h e  c o r r e l a t i o n  of Sorensenl, i n  which t h e  volume of 
mate r i a l  removed p e r  i m p a c t  i s  given by 
I f  t he  p a r t i c l e  impaction process could be considered as t h e  sum of a 
ser ies  of independent s i n g l e  impactions, then t h e  above equat ion could 
be appl ied  d i r e c t l y  t o  each impaction and the  r e s u l t a n t  ma te r i a l  removal 
summed over the  number of impacting p a r t i c l e s  t o  g ive  t h e  t o t a l  damage. 
The experiments i n  t h i s  s tudy provide a t e s t  of t h i s  p o s s i b i l i t y  and 
a l s o  provide d a t a  from which one can a s c e r t a i n  t h e  func t iona l  dependence 
of ma te r i a l  removal on p a r t i c l e  s i z e ,  par t ic le  impaction v e l o c i t y ,  
p a r t i c l e  impaction mass f lux ,  and t a r g e t  sur face  s t rength .  The 
u l t ima te  o b j e c t i v e  of t h i s  work i s  t o  develop a model which can be used 
t o  c a l c u l a t e  damage t o  a surface due t o  the impingement of a s o l i d  
propel lan t  rocket  exhaust containing A1203 p a r t i c l e s .  
-2- 
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2.2 EX.PERIIENTAL MEASUREMENTS 
The experimental  program cons i s t ed  of two s e t s  of experiments. 
In  one s e t ,  helium gas  w a s  used i n  a Mach 5 supersonic  nozzle  t o  
accelerate t h e  A1203 p a r t i c l e s  t o  mass average v e l o c i t i e s  between 
4400 f t / s e c  and 5800 f t / s e c .  
o f  a H2-02 rocke t  motor were used 
9000 f t / s e c .  
l o t  and had a number of peak of about 1.2 microns diameter and a mass 
mean of 5 microns diameter  (Figure 1). A long s l ende r  nozzle wi th  a 
l eng th  t o  e x i t  diameter  r a t i o  of 18 was used t o  achieve maximum p a r t i c l e  
speed. The 1 inch  diameter c y l i n d r i c a l  specimens were made of e i t h e r  
1100-0 o r  6016-T6 aluminum a l l o y  and were a l igned  wi th  a x i s  p a r a l l e l  t o  
t h e  flow, exposing t h e  f l a t  face. The total su r face  regress ion  o f  t h e s e  
specimens w a s  measured and t h e  temperature h i s t o r y  of  t h e  specimen surface 
w a s  recorded dur ing  each t e s t .  Surface r e f l e c t a n c e  w a s  a l s o  measured 
before  and a f t e r  each test. 
In t h e  second s e t ,  t h e  combustion products  
t o  a c c e l e r a t e  t h e  p a r t i c l e s  t o  about 
The A1203 used i n  a l l  of t he  experiments were from a s i n g l e  
2.2.1 HELIUM TESTS 
The Helium Flow F a c i l i t y 2  was used t o  produce reproducible  
h igh  v e l o c i t y  gas -pa r t i c l e  flows i n t o  which were placed aluminum impactibn 
samples, 
through a pebble bed hea ter ,  the temperature  of which c o n t r o l s  t h e  
v e l o c i t y  t h a t  t h e  gas  u l t imate ly  reaches a t  t he  nozzle  e x i t .  V e l o c i t i e s  
about 35% higher  than  t h a t  f o r  room temperature helium a r e  poss ib le .  
During a t e s t ,  t h e  p a r t i c l e  feed r a t e  i s  measured d i r e c t l y ,  t h e  gae 
s t agna t ion  pressure  i s  measured i n  o rde r  t o  determine gas flow rate ,  and 
l i g h t  t ransmiss ion  measurements a re  made a t  t h e  nozzle  en t rance  and e x i t  
t o  determine the  p a r t i c l e  mean v e l o c i t y  and s p a t i a l  d i s t r i b u t i o n .  The 
samples a r e  placed approximately 2 inches from t h e  e x i t  of t h e  nozzle ,  
which i s  wi th in  t h e  Mach cone of t h e  nozzle.  The t ransmission measurement 
i s  made about ha l f  way between t h e  sample and the  nozzle  e x i t .  
P r i o r  t o  being mixed wi th  the  p a r t i c l e s ,  t h e  helium gas passes 
I n i t i a l  t e s t s  using 6061-T6 and 1100-0 aluminum produced very  
small ma te r i a l  losses3. A t  these experimental  condi t ions ,  Sorensen 1 1  s 
c o r r e l a t i o n  equat ion ind ica ted  l a r g e  t a r g e t  mass loss should have been 
expected. These r e s u l t s  indicated the  p o s s i b i l i t y  of a s i g n i f i c a n t  
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e p a r t i c l e  s i z e  s c a l i n g  law. Consequently t e s t s  were conducted t o  more 
adequately document t h e  two-phase flow v e l o c i t y  t o  b e t t e r  eva lua te  the  
v a l i d i t y  of a s c a l i n g  law. This w a s  done by using t ransmission measure- 
ments a t  t h e  nozzle  en t rance  and e x i t  t o  v e r i f y  the  p a r t i c l e  mass mean 
the  t r ansmi t t ed  beam, I ,  v e l w i t y .  I n  t e r m  of the inc ident  beam, 
can  be expressed as 
IO* 4 
3 0 ~  u L 
P P 32 
I / I ~  = exp C - uRDP; 3 4 2 )  
A t  t he  nozzle  en t rance ,  t h e  assumption is made t h a t  the  p a r t i c l e  v e l o c i t y  
i s  t h a t  of t h e  gas  and a va lue  of D 32, 
diameter,  i s  computed from the  measured t ransmission.  Us ing ' th i s  com- 
t h e  volume t o  a rea  mean p a r t i c l e  
puted va lue  of D and t h e  computed va lues  of t h e  gas dens i ty  and v e l o c i t y ,  32 
p a r t i c l e  v e l o c i t y  can be obtained from t h e  measured t ransmission a t  t h e  
nozzle  e x i t .  F igure  2 con ta ins  p l o t s  of t h e  p a r t i c l e  v e l o c i t y  a t  t he  ex i t  
plane o f  t he  t e s t  nozzle  f o r  the d i f f e r e n t  experimental  cond i t ions  obta ined  
i n  t h i s  study. These v e l o c i t i e s  were c a l c u l a t e d  using t h e  Aeronutronic 
pa r t i c l e  l ag  computer program. 
mass mean v e l o c i t y  (D M 5 micron) agree  w e l l  wi th  the  t h e o r e t i c a l  
c a l c u l a  t ions.  
The experimental ly  der ived  va lues  f o r  t h e  
P 
F'relirninary ca l cu la t ions  had shown t h a t  t h e  p a r t i c l e  v e l o c i t y  loss 
through the  shock l a y e r  i n  f ron t  of  t h e  specimen would be small. 
s e r i e s  of experiments was conducted t o  v e r i f y  t h i s  i n  l i g h t  of t h e  g r e a t l y  
reduced t a r g e t  mass l o s s o  Since t h e  shock l a y e r  th ickness  i s  p ropor t iona l  
t o  the specimen diameter ,  t he  specimen diameter was v a r i e d  over a f a c t o r  of 
fou r ,  holding a l l  o the r  condi t ions  cons tan t .  The v a r i a t i o n  i n  t a r g e t  mass 
l o s s  a s  shown i n  F igure  3 ,  was r e l a t i v e l y  small  and i n d i c a t e s  t h a t  t h e  
p a r t i c l e  v e l o c i t y  drop i n  the  shock l a y e r  i s ,  i n  f a c t ,  small. Some of t h e  
v a r i a t i o n  obta ined  can be explained by t h e  increased  hea t  t r a n s f e r  w i t h  
reduced specimen diameter causing a r educ t ion  i n  s u r f a c e  s t r eng th .  
A s h o r t  
The remaining helium g a s - p a r t i c l e  t e s t s  made i n  t h e  >pe r iod  1 
covered by t h i s  r e p o r t  had t h e  o b j e c t i v e s  of determining t h e  f u n c t i o n a l  
r e l a t i o n s h i p  of t a r g e t  mass loss  w i t h  p a r t i c l e  v e l o c i t y  and w i t h  s u r f a c e  
s t r e n g t h  as wel l  as i nves t iga t ing  the  p a r t i c l e  s c a l i n g  e f f e c t .  These re- 
s u l t s  a r e  shown i n  Figure 4 .  The t a r g e t  su r f ace  temperature  was measured by 
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a thermocouple loca t ed  .lo0 inches back of t he  surface.  
t r a n s f e r  a n a l y s i s  i nd ica t ed  t h a t  the sur face  temperature was w i t h i n  5% 
of the  measured thermocouple temperature. 
c a l c u l a t i o n s  w a s  based on t h i s  temperature (Figure 5 ) , f o r  shear  s t r e n g t h  
data .  
A t r a n s i e n t  hea t  
The shear s t r eng th  used i n  the  
2.2.2 HYDROGEN-OXYGEN ROCKET TESTS 
I n  order  t o  ob ta in  p a r t i c l e  v e l o c i t i e s  higher  than those a v a i l a b l e  
w i t h  the helium f a c i l i t y ,  the combustion products of a H -0 
were used t o  acce le ra t e  t h e  A1 0 p a r t i c l e s  through a nozzle t h a t  w a s  
geometr ica l ly  s i m i l a r  t o  the  one used i n  the  helium t e s t s .  The A1203 
p a r t i c l e s  are introduced i n t o  the  combustion chamber by means of a water 
s l u r r y .  The chamber temperature i s  low enough so t h a t  t he  p a r t i c l e s  do 
n o t  vaporize or  mel t ,  thus  the p a r t i c l e  s i z e  d i s t r i b u t i o n  i n  t h e  nozzle  
f low i s  known. 
tes ts .  
be made i n  these  tests because a l i g h t  t ransmission apparatus  has n o t  been 
provided i n  the  hot f i r i n g  t e s t  sec t ion .  However, due t o  the  geometric 
s imula r i ty  of the  two nOZZle5 and the  proven accuracy of the  p a r t i c l e  l a g  
c a l c u l a t i o n s  f o r  t h e  helium nozzle, i t  can be assumed wi th  confidence 
t h a t  t h e  computed va lues  of p a r t i c l e  v e l o c i t y  are co r rec t .  (Figure 2) 
rocke t  engine 
2 2  
2 3  
The t a r g e t  locat ion was a l s o  the same as  i n  the  helium 
Experimental v e r i f i c a t i o n  of the  p a r t i c l e  v e l o c i t i e s  could not 
6061-T6 and 1100-0 Aluminum a l l o y s  "ere used as t a r g e t  m a t e r i a l s  
f o r  t hese  experiments. The two p r inc ipa l  v a r i a b l e s ,  o the r  than material, 
were the  t o t a l  amount of impacting p a r t i c l e s  a5 con t ro l l ed  by run t i m e ,  and 
t h e  sur face  temperature of the sample as c o n t r o l l e d  by water cool ing.  
The sur face  temperature was deduced from the  temperature measured by a 
thermocouple placed below the  surface.  
t r ansve r se  passage f o r  the  flow o f  cool ing  water.  
t h e  water was determined by measuring the  water temperature rise and 
the  f l o w  r a t e .  
Below t h e  thermocouple was a 
The hea t  absorbed by 
During the  i n i t i a l  p a r t  of each t e s t ,  t h e  nozzle  flow was 
7 f r e e  from any p a r t i c l e s .  Fol lowing Fdy and Riddel15 and Boison and C u r t i s s ,  - -I_ - _  
a gas phase convect ive t e a t  f l u x  was ca l cu la t ed  which was used i n  c o n j u n c t i o n ]  
wi th  the  specimen thermocouple t o  determine t h e  su r face  temperature p r i o r  
t o  the  impaction of any p a r t i c l e s .  Both t r a n s i e n t  c a l c u l a t i o n s  and 
examination of the specimen temperature - time h i s t o r y  i n d i c a t e  t h a t  
I 
-5 -  
temperature d i s t r i b u t i o n  i n  the specimen reached a s teady va lue  during the  
gas  hea t ing  per iod @bout 2 seconds). This  equi l ibr ium sur face  temperature 
has been used t o  determine t h e  sur face  s t r e n g t h  used i n  p l o t t i n g  t h e  d a t a  
i n  Figure 4. During the  per iod of p a r t i c l e  flow., i t  w a s  ev ident  t h a t  \- 
a d d i t i o n a l  hea t ing  occurred due t o  p a r t i c l e  impaction. 
not  been poss ib l e  t o  determine the  su r face  temperature r ise  dur ing  
p a r t i c l e  impaction because t h e  temperature d i s t r i b u t i o n  has been of a 
t r a n s i e n t  na tu re  throughout the du ra t ion  of the  p a r t i c l e  impact po r t ion  of 
t h e  runs.  The d a t a  from t h e s e  t e s t s  shown i n  Figure 4 show the  e f f e c t  of 
t h i s  increased  hea t  t r a n s f e r .  Propor t iona l ly  more damage occurs  as t h e  
amount of impacting par t ic les  increases ,  i n d i c a t i n g  t h a t  the su r face  s t r e n g t h  
i s  decreasing as the  su r face  temperature Is r i s i n g ,  
As y e t ,  i t  has 
2.3 DISCUSSION OF RESULTS 
While the  a n a l y s i s  of t h e  impingement damage d a t a  c o l l e c t e d  t o  
da t e  i s  s t i l l  of a prel iminary na ture ,  s eve ra l  p o s i t i v e  s ta tements  can be 
made. For the helium da ta  and t h e  H -0 rocke t  d a t a  where the  t o t a l  amount 
2 2  
o f  p a r t i c l e s  are  small, the v a r i a t i o n  of damage wi th  p a r t i c l e  v e l o c i t y  
does fol low the  func t iona l  form of Sorensen's c o r r e l a t i o n  a s  shown i n '  
F igure  4. Also f o r  t hese  same da ta  t h e r e  appears t o  be l i t t l e  c o r r e l a t i o n  
between damage aad t h e  mater ia?  type,, Fro=: t h e  he?iu=: data, v e r i f i c a t i c n  
o f  t h e  p a r t i c l e  l a g  ca l cu la t ions  and the  r e s u l t a n t  nozzle  design w a s  obtained 
b y  t h e  use  of l i g h t  t ransmission measurements of t h e  flowing pa r t i c l e  cloud. 
Based on the  computed p a r t i c l e  v e l o c i t i e s  and the su r face  s t r e n g t h  based on 
temperature measurements, the  experimentally obta ined  damage r e s u l t s  were 
compared wi th  Sorensen's c o r r e l a t i o n  equation which i s  app l i cab le  t o  
convent iona l  hyperve loc i ty  impact t e s t s ,  Figure 4 shows t h a t  the p a r t i c l e  
damage obtained from micron-sized A1 0 p a r t i c l e s  i s  from 100 t o  1000 2 3  
t imes l e s s  than t h a t  due t o  an equiva len t  volume of l a r g e  p a r t i c l e s  
FZ .125 inch). These r e s u l t s  show t h a t  p a r t i c l e  hea t ing  can be s i g n i f i  
and t h a t  p a r t  of t h e  subsequent experiments should be designed so  t h a t  t he  
e f f e c t  of t he  p a r t i c l e  hea t ing  can be determined. 
(dP 
The apparent l a c k  of c o r r e l a t i o n  between damage and t h e  d i f f e r e n t  
s t r e n g t h  aluminum a l l o y s  a t  low temperatures has no t  been explained.  The 
da ta  does i n d i c a t e  t h a t  t h e r e  i s  a s i g n i f i c a n t  p a r t i c l e  s i z e  sca l ing  f a c t o r .  
It i s  poss ib l e  t h a t  t he  mechanical p rope r t i e s  of p r o j e c t i l e  material may 
be more s i g n i f i c a n t  f o r  t h e  micron-sized p a r t i c l e s  used i n  t h i s  study than 
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an t  
f o r  la rge  p a r t i c l e s  s tud ied  previously.' 
l a ck  of s e n s i t i v i t y  of mater ia l  removed t o  su r face  s t r e n g t h  fo r  t he  co ld  
t a r g e t  t e s t s .  Whether t h i s  e f f e c t  p e r s i s t s  a t  higher  temperatures cannot 
b e  determined as y e t  because of t he  heat  t r a n s f e r  v a r i a t i o n s  due t o  t h e  
p a r t i c l e s .  
This could be a s soc ia t ed  wi th  the  
Surface r e f l e c t a n c e  was measured before  and a f t e r  t e s t s  f o r  s eve ra l  
specimens. I n  every case the normal r e f l ec t ance  a f t e r  p a r t i c l e  impaction 
w a s  a t  l e a s t  50 times l e s s  than before;  independent of t he  amount of 
p a r t i c l e s  involved. 
g r e a t e r  v a r i a t i o n .  
5 x 
removal. 
measurhgsurface r e f l e c t a n c e  degradation a t  lower p a r t i c l e  impaction r a t e s .  
The apparatus used wasn't capable of measuring a 
For a l l  of these cases ,  t h e  p a r t i c l e  volume f l u x  was 
3 cm / in2  sec o r  g r e a t e r  in order  t o  ob ta in  de t ec t ab le  mater ia l  
Addit ional  t e s t s  should be performed f o r  t he  s o l e  purpose of 
Cer ta in ly ,  i n  subsequent work, t he  problem of p a r t i c l e  hea t ing  
w i l l  be s tud ied ;  the e f f e c t  and na tu re  of t he  s i g n i f i c a n t  sur face  s t r eng th  
f o r  d i f f e r e n t  c l a s s e s  of mater ia l s  needs t o  be b e t t e r  understood; and 







GASEOUS PLUME IMPINGEMENT EFFECTS 
The ob jec t ive  of t he  fol lowing paragraphs i s  t o  present  methods 
which can be used t o  eva lua te  the e f f e c t s  of gaseous rocket  exhaust plume 
impingement. 
procedure f o r  making engineering e s t ima tes  of t he  pressure  and hea t  transfer 
on a sur face  loca ted  wi th in  an exhaust plume. This  d i scuss ion  w i l l  be 
l i m i t e d  t o  highly underexpanded plumes and regions i n  which t h e r e  are no 
plume shocks such as the l i p  shock. 
The emphasis i s  on t h e  development of a hand-book type 
Any c a l c u l a t i o n  of plume impingement e f f e c t s  i s  dependent upon 
the  determinat ion of reasonable exhaust  plume p r o f i l e s .  These p r o f i l e s  
should def ine  the  following loca l  p r o p e r t i e s  w i th in  the  plume: (1) flow 
d i r e c t i o n ,  (2) flow v e l o c i t y ,  (3 )  s t a t i c  temperature,  ( 4 )  s t a t i c  pressure ,  
(5) l o c a l  gas s p e c i f i c  hea t ,  and ( 6 )  gas molecular weight. The exhaust 
plume computer program8 can be used t o  determine a l l  of t hese  parameters 
a t  any loca t ion  wi th in  the  plume. 
i n  two phase flow impingement s i t u a t i o n s  become small w i t h r e s p e c t  t o  t h e  
s o l i d  p a r t i c l e  e f f e c t s  as the  d i s t ance  from the  nozzle  i s  increased.  
Therefore ,  no attempt w i l l  b e  made t o  descr ibe  the impingement e f f e c t s  
of t he  gaseous plume i n  the r a r e f i e d  o r  non-continuum flow regime. 
For most p r a c t i c a l  appl ica t ions ,  flow wi th  a freestream Mach number a t  12 
o r  g r e a t e r  i s  ou t s ide  the  continuum regime. The plume computer program 
u t i l i z e s  the  method of charac te r i s t ics ,  which r equ i r e s  the  assumption 
of flow con t inu i ty .  
exhaust plumes beyond flow Mach numbers of 1 2 ,  i t s  use i n  these  reg ions  is 
highly specula t ive .  Calculat ions of the gas  plume impingement p re s su re  
and hea t ing  may be made a t  large Mach numbers, b u t  the  accuracy diminishes  
r ap id ly .  
conserva t ive ly  high. 
The e f f e c t s  of the gas  plume impingement 
Although t h i s  program i s  capable of developing t h e  
I n  most cases  the computed hea t  t r a n s f e r  and pressure  are 
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3.1 PLUME IMPINGEMENT (UPSTREAM PROPERTIES AND TRUE ANGm) 
Sch l i e ren  photographs of highly underexpanded plumes impinging 
on l a r g e  f l a t  su r f aces  i n d i c a t e  t h a t  t h e  impingement shock waves tend t o  
remain c l o s e  t o  t h e  su r face  (see References 9 and 10) when t h e  nozz le  e x i t  
plane i s  more than one nozzle  diameter from the  su r face  and p a r a l l e l  t o  
o r  canted outward from t h e  surface.  Under these  condi t ions  the  impinging 
flow Mach number i s  gene ra l ly  g rea t e r  than 5 and the  condi t ions  of hypersonic 
flow a r e  app l i cab le .  To simplify the  c a l c u l a t i o n  of t h e  flow p r o p e r t i e s  
a t  t he  sur face ,  i t  w i l l  be assumed t h a t  t he  shock l a y e r  is very t h i n  and 
l i e s  very c l o s e  t o  the  sur face .  It i s  f u r t h e r  assumed t h a t  (1) t h e  
boundary l a y e r  growth and mass addi t ion  do not  l i f t  t he  shock l a y e r  o f f  
the su r face  and (2)  r e f l e c t e d  shocks emanating from the nozzle  do n o t  a f -  
f e c t  the plume flow. Thus, i t  is  poss ib l e  t o  ob ta in  t h e  gas  p r o p e r t i e s  
impinging on the  su r face  by d i r e c t  superpos i t ion  of the s u r f a c e  i n  ques t ion  
on the f u l l y  developed plume p r o f i l e .  E s s e n t i a l l y ,  t h i s  means t h a t  t h e  
plume flow f i e l d  i s  not  turned,  d i s t o r t e d ,  o r  otherwise a f f e c t e d  by t h e  
ob jec t  being impinged upon u n t i l  t h e  plume a c t u a l l y  impacts t h e  s u r f a c e  
of t he  objec t .  
and t r u e  impingement angle  ( t h e  sma l l e s t  angle  between the  streamline and 
a plane tangent  t o  the  su r face  a t  t h e  po in t  of impingement) can be found 
a t  the  poin t  of concern on the  i n t e r s e c t i n g  su r face  o r  ob jec t .  By tu rn ing  
t h e  flow through the  t r u e  impingement angle  the l o c a l  sur face  s ta t ic  pres-  
su re ,  temperature,  and Mach number can be computed. 
Thus, w i t h  a s ca l e  drawing, the  und i s to r t ed  plume p r o p e r t i e s  
Figure 6 i l l u s t r a t e s  the superpos i t ion  of an exhaust plume 
p r o f i l e  on a f l a t  surface.  From t h i s  f i g u r e  i t  i s  obvious t h a t  t h e  center- 
l i n e  impinging flow p r o p e r t i e s  and t r u e  impingement angle  can be d i r e c t l y  
determined, and i n  many cases  a c a l c u l a t i o n  of t h e  su r face  p re s su re  and 
hea t ing  on the  c e n t e r l i n e  i s  s u f f i c i e n t  f o r  engineering e s t ima tes  o f  t h e  
magnitude of the  problem. However, i n  a c t u a l  design app l i ca t ions  i t  is 
o f t e n  necessary t o  es t imate  the o f f - c e n t e r l i n e  pressure  o r  hea t ing  p r o f i l e  
which involve more complex t r igonometr ic  cons idera t ions .  The fo l lowing  few 
paragraphs a r e  devoted t o  i l l u s t r a t i n g  the  s o l u t i o n  of t he  t r u e  impingement 
angle  f o r  s eve ra l  plume-surface impingement s i t u a t i o n s  commonly encountered 
i n  spacec ra f t  app l i ca t ion .  
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The exhaust plume must f i r s t  be def ined  g raph ica l ly  such t h a t  the  
angle  between the  nozzle a x i s  and t h e  l i n e  tangent t o  the stream l i n e  a t  
t h e  poin t  of impingement can be determined ( see  Figure 6 ) .  
i l l u s t r a t e  a common s i t u a t i o n  where a nozzle  i s  f i r e d  above a f l a t  su r f ace  
which i s  p a r a l l e l  t o  the  nozzle a x i s  (6 = 0) and d isp laced  r a d i a l l y  from 
t h e  nozzle  a d i s t a n c e  (r). The t r u e  impingement angle  ( 5 )  f o r  any point 
on t h e  f l a t  su r f ace  can be computed us ing  the  following equat ions:  
F igures  6 and 7 
-1 5 = s i n  (sinr s in@)  
where : Q 3 angle  between the nozzle  a x i s  and t h e  tangent  t o  t h e  stream- 
l i n e  a t  t he  impingement poin t .  
6 3 angle  between the p ro jec t ed  plane conta in ing  the  streamline 
and t h e  l i n e  tangent t o  the  su r face  a t  the  poin t  of impinge- 
ment i n  a plane p a r a l l e l  t o  t h e  R-H plane. 
F igure  8 i l l u s t r a t e s  the  more general  s i t u a t i o n  of a canted  nozzle  (6 # 0 )  
f i r i n g  ever  a f l a t  p l a t e .  
-1 5 = s i n  (cos6 sim sir$ - sin6 cosr )  
where: 6 c a n t  angle  of nozzle wi th  respect t o  the  sur face .  
One of t he  more d i f f i c u l t  so lu t ions  i s  t h a t  f o r  a s i t u a t i o n  similar t o  a 
r o l l  moment producing rocket  f i r i n g  over t h e  su r face  of a c y l i n d r i c a l  
spacec ra f t .  Figure 9 i l l u s t r a t e s  t h e  geometric v a r i a b l e s  r equ i r ed  t o  
de t e rp ine  t h e  t r u e  s t reaml ine  impingement angle .  The s o l u t i o n  of the  
t r u e  impingement angle  ( 5 )  can  be found by using t h e  v a r i a b l e s  i l l u s t r a t e d  
i n  Figure 9 i n  t h e  fol lowing equations: 
- 1 x + h  
= s in  a 
0 
PO 
Qi = sin-'(R q i  /R ) 
-1 5 = s i n  (cosp, sim s i n e  i - sirqL 0 cosyi) i 
h o b a b l y  t h e  most common use  of s o l i d  p rope l l an t  motors on space 
boos te r  systems has  been posigrade and/or r e t rog rade  s t age  separa t ion .  
I n  t h i s  a p p l i c a t i o n  the  motor f i r e s  a x i a l l y  over t he  c y l i n d r i c a l  su r f ace  of 
t h e  boos te r  o r  spacec ra f t  ( see  Figure 10). The s o l u t i o n  of t h e  t r u e  
impingement angle  i s ,  of course, easier f o r  the o f f - c e n t e r l i n e  cases  i f  t h e  
a x i s  of t h e  nozzle  i s  p a r a l l e l  t o  the axis of the  cy l inder .  However, nozz les  
canted  outward from the  sur face  are  more common. Solu t ions  f o r  both c a s e s  
are presented  below. 
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I .  
I 
Zero degree c a n t  angle (6 = 0 ) :  
True impingement angle f = s i n  -1 (siml, s i d 1 )  
R + (ao + r )s ine1 
(ao + r)cosgi 
-1 i where: B, = t an  
R + r(2ao + r) 
2Ri(ao = r) 
-1 i Bl = s i n  
See Figure 10a fo r :  R i J  'S aoS 
Nozzle canted  t o  surface (6 > 0 ) :  




= t an  -1 [cos(Bi - Bl)tan6] 
tl, 
2 2 2 a - (Ro c o d )  - Ri 
0 = 
(R, sindj 2 
R cos  2 Oi  +Ro(sinfii  sin6 - sinei  
3 -l[ i B, = t a n  
2 cosei(Ri singi sin6 + Ro cos 6 )  
See Figure 10b f o r  R,, RoJ  CY,, a. 
As can be seen from t h e  above, t he  c a l c u l a t i o n  of t he  true 
impingement angle can become a lengthy process.  It is ,  however, poss ib l e  
t o  l i m i t  the  number of of f -center  c a l c u l a t i o n s  by f i r s t  ob ta in ing  the cen te r -  
l i n e  d i s t r i b u t i o n  of pressure  o r  hea t  t r a n s f e r  and then making impingement 
p r o f i l e s  w i th  only a few o f f - cen te r  ca l cu la t ions .  Many cases  w i l l  r e q u i r e  
c a l c u l a t i o n  of only 4 o r  5 spec i f i c  po in t s  i n  one o r  two o f f - cen te r  plane 




3.2 SURFACE PRESSURE 
With the  assumptions t h a t  t he  plume su r face  i n t e r a c t i o n  shock 
and boundary l aye r  are very th in ,  i t  i s  poss ib l e  t o  e s t ima te  t h e  pressure  
a t  t h e  sur face  by simply turning t h e  flow through the  t r u e  impingement 
angle.  The s t a t i c  pressure ,  Mach number, and s p e c i f i c  hea t  r a t i o  can be 
found a t  t he  po in t  of impingement w i t h i n  the  undis turbed plume. The t r u e  
angle  can be found a s  descr ibed i n  the previous paragraphs. The most 
accu ra t e  method f o r  computing the s t a t i c  pressure  i n  the  flow a f t e r  i t  ha8 
passed through t h e  plume-surface i n t e r a c t i o n  shock and turned p a r a l l e l  t o  the  
sur face  i s  somewhat debatable .  There a r e  t h r e e  gene ra l ly  accepted methods 
ava i l ab le :  (1) two-dimensional normal and obl ique shock theory,  (2) 
Newtonian impact theory,  and (3)  modified Newtonian impac t  theory.  For 
a given case  the r e s u l t i n g  loca l  su r f ace  pressure  can vary as much as 30% 
depending on the  method used. 
given by t h e  two-dimensional, normal and obl ique shock theory,  whi le  the  
lowest,  and o f t e n  unconservative,  va lues  of recovery pressure  are given 
by the modified Newtonian method. Table 1 presents  a comparison of t h e  
p re s su re  r i s e  c a l c u l a t e d  by the  th ree  methods f o r  t y p i c a l  impingement condl- 
t i o n s .  The s p e c i f i c  hea t  r a t i o  was assumed cons tan t  a t  y = 1.25. 
i n  t h i s  t a b l e  t h a t  t h e  pressure  r i s e  computed by the  two-dimensional solu- 
t i o n  i s  surpassed by the  Newtonian so lu t ions  oniy ac very high angles of 
impingement. 
The most conserva t ive  so lu t ion  i s  genera l ly  
Note 
A comparison of plume impingement p r e s s u r e  computed by t h e  two- 
dimensional shock thnory and the Newtonian theory i s  made wi th  a c t u a l  t es t  
r e s u l t s  i n  Reference 11. The plume used f o r  t h e s e  c a l c u l a t i o n s  was con- 
s t r u c t e d  by a method of c h a r a c t e r i s t i c s  computer program using a cons tan t  
s p e c i f i c  hea t  r a t i o .  
was more c l o s e l y  approximated by t h e  two-dimensional theory i n  t h e  reg ion  near  
t he  nozzle  where t h e  su r face  pressures  a r e  the  h ighes t .  
c a l c u l a t i o n s  provide a b e t t e r  f i t  t o  the  da t a  i n  very  low pressure  region 
seve ra l  nozzle diameters downstream of the  nozzle.  It  should be pointed 
ou t  t h a t  t h e  assumption of constant  s p e c i f i c  hea t  r a t i o  (i .e. ,  y f rozen  
a t  t he  nozzle  e x i t  plane) produces a plume wi th  conserva t ive ly  h igh  l o c a l  
s t a t i c  pressure  and temperature. I f  a v a r i a b l e  y plume were used (i.e., y 
computed l o c a l l y  by the  computer program as a func t ion  of l o c a l  temperature),  
It was found t h a t  t he  a c t u a l  impingement pressure  
The Newtonian 
t h e  two-dimensional shock theory w i l l  g ive  a b e t t e r  approximation t o  
t he  a c t u a l  impingement pressure  a t  d i s t ances  f a r t h e r  from t h e  nozzle. 
With the use of v a r i a b l e  y i n  the cons t ruc t ion  of t h e  undis turbed plume, 
i t  i s  l i k e l y  t h a t  t h e  Newtonian so lu t ions  w i l l  r e s u l t  i n  low p r e d i c t i o n s  
of  the  l o c a l  impingement pressure throughout t h e  plume Impingement region. 
. 
Table 1 
Comparison of Methods f o r  Computing t h e  Pressure Rise  Across Normal and 
Oblique Shocks 
Pressure R i s e  Ra t io  P,/P. 
Impingement Flow 2 - Dimensional Modified 






5 03 441 
237 201 
7 -5 5.84 
897 746 






To minimize t h e  p o t e n t i a l  of making low p red ic t ions  of the l o c a l  impinge- 
ment pressures ,  only the two dimensional shock theory i s  recommended and 
pr e s en t  ed here .  
Computer programs a re  gene ra l ly  a v a i l a b l e  f o r  computing obl ique  
shock t a b l e s  f o r  var ious  s p e c i f i c  hea t  r a t i o s  a t  va r ious  increments of 
impinging angles  and Mach numbers. However, t he  s tandard obl ique  and 
normal shock r e l a t i o n s h i p s  may be solved by hand i f  necessary.  
fol lowing equat ions  f o r  pressure and temperature r ise  across  an obl ique  shock, 
equat ions (3)  and ( 4 ) ,  can be solved us ing  equat ion (5 ) .  
descr ibes  t h e  r e l a t i o n s h i p  between t h e  flow d e f l e c t i o n  angle,e,which I s  
assumed equal  t o  the  t r u e  impingement angle ,  and the  shock wave a n g l s  B .  
This equat ion may be solved by f i x i n g  8 and MI and i t e r a t i n g  on @ u n t i l  
both s i d e s  of t he  equat ion a r e  equal.  The va lue  of 
s i n  ( l / M )  and n/2.  
The 
Equation ( 5 )  
must be between 
-1 








Local v e l o c i t y  downstream of the obl ique shock may be computed from 
equat ions  (4), (6), (7); 
The use  of the  above equat ions (3) through (7) r e q u i r e s  the  
assumption t h a t  t he  gas is thermally and c a l o r i c a l l y  pe r fec t .  
Figure 11 i l l u s t r a t e s  t h e  r e l a t i o n s h i p  between 0 ,  M1, and 8 .  
It should be noted t h a t  f o r  a given M t he re  i s  a maximum d e f l e c t i o n  angle  1 
(6). This simply means t h a t ,  i f  the  flow m u s t  be de f l ec t ed  more than t h i s  
maximum angle,  an obl ique shock is n o t  s u f f i c i e n t  and a d d i t i o n a l  turning 
t a k e s  p lace  in the  shock l a y e r  flow. The pressure  in t h i s  reg ion  is g e n e r a l l y  
determined by normal shock r e l a t i o n s .  When the  d e f l e c t i o n  angle  i s  suf- 
f i c i e n t l y  l a r g e  t h a t  the  normal shock r e l a t i o n s  a r e  t o  be appl ied ,  t he  l o c a l  
p re s su re  and temperature rise across  t h e  normal shock may be computed us ing  
t h e  following equations.  
2 - 1 + (N12 - 1) p1 Y + l  
The u s e  of these  equat ions,  of course,  r equ i r e s  the  assumption t h a t  
t he  gas is thermally and c a l o r i c a l l y  pe r fec t .  
With the  information presented  i n  t h e  above paragraphs i t  i s  
p o s s i b l e  t o  e s t ima te  the  loca l  plume impingement p r e s s u r e  p r o f i l e s  on f l a t  
o r  c y l i n d r i c a l  sur faces .  The l o c a l  s t a t i c  p r e s s u r e  on t h e  impingement 
s u r f a c e  i s  computed using t h e  following s teps :  
exhaust plume p r o f i l e ,  (2)  determine t h e  l o c a l  s t a t i c  plume p r o p e r t i e s  
(Pi, MI, y) a t  the  r a d i a l  and a x i a l  l oca t ion  ( loca ted  wi th  r e s p e c t  t o  the  nozzle)  
(1) e s t a b l i s h  the  undis turbed 
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of the  poin t  of i n t e r e s t  on t h e  surface,  (3) compute the  t r u e  impingement 
angle ,  and ( 4 )  compute t h e  l o c a l  s t a t i c  pressure  on the su r face  a t  the poin t  
o f  i n t e r e s t  wi th  the normal or  oblique shock r e l a t i o n s .  Pressure p r o f i l e s  
on the  su r face  can be es t imated  by computing t h e  s t a t i c  pressure  on t h e  l i n e  
d i r e c t l y  beneath the  nozzle  and a t  s eve ra l  i nd iv idua l  l oca t ions  off  t h i s  
l i n e  and combining the  r e s u l t s  graphical ly .  Since the  plume p r o f i l e  and t h e  
normal and obl ique  shock t a b l e s  can be obtained wi th  the use of computer 
programs, t he  most d i f f i c u l t  p a r t  of t h e  c a l c u l a t i o n  becomes t h e  so lu t ion  
of the t r u e  impingement angle. However, t h i s  p re sen t s  a problem only for 
po in t s  on the  su r face  which a r e  not i n  a plane which i s  perpendicular  t o  t h e  
s u r f a c e  and which conta ins  t h e  nozzle a x i s  (i.e., t h e  o f f - c e n t e r l i n e  po in t s  
' of i n t e r e s t ) .  
Pressure p r o f i l e s  computed i n  the  above manner may be used t o  
es t imate  s t r u c t u r a l  loading and t rue  t h r u s t  vec to r  of t h i s  motDr. In 
add i t ion ,  t he  pressure  computed and t h e  method used may be appl ied  d i r e c t l y  
t o  es t imat ing  t h e  hea t  t r a n s f e r  from the exhaust plume t o  the surface.  
3 . 3  SURFACE HEATING 
The primary o b j e c t i v e  of t he  above few paragraphs was t o  present  
a method f o r  e s t a b l i s h i n g  the pressure p r o f i l e s  r e s u l t i n g  from gas plume 
impingement on a sur face .  Eowever, the  methods fo r  p red ic t ing  the  ioca I  
temperature and v e l o c i t y  of t h e  gas a t  the impingement su r face  w a s  also 
presented above. 
hea t  t r a n s f e r  from the exhaust plume impingement. 
This  information can be used i n  e s t ima t ing  the  sur face  
Probably the  b e s t  experimental da t a  a v a i l a b l e  on h e a t  t r a n s f e r  
from a r e a l  rocke t  plume impingement on a su r face  i n  a near space environ- 
ment was obtained by North American Aviat ion f o r  t h e  Apollo program (see 
Reference 11). 
t h r u s t  wi th  Aerozine 50 and N 0 as the p rope l l an t )  was f i r e d  over a 
f l a t  p l a t e  instrumented f o r  pressure and hea t  t r a n s f e r .  
t e s t s  included nozzle e x i t  a r ea  r a t i o ,  d i s t ance  from t h e  nozzle t o  the  sur face ,  
and nozzle  can t  angle.  
i n  Reference 11 by adding co r re l a t ion  cons tan ts  t o  gene ra l ly  accepted 
methods f o r  computing s tagnat ion poin t  and laminar flow f l a t  p l a t e ,  
During these t e s t s  a l i q u i d  rocke t  motor (about 90 lb .  
2 4  
Variab les  i n  these  
Corre la t ion  of t he  hea t  t r a n s f e r  da t a  w a s  accomplished 
. 
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convect ive  hea t  t r a n s f e r .  It was found i n  Reference 11 t h a t  over t h e  en t i r e  
range of t e s t  v a r i a b l e s t h e  flow along t h e  su r face  a t  the  p l a t e  was laminar 
and i n  t h e  continuum flow regime. The motor chamber pressure  f o r  these  
tests w a s  nominally 100 ps i a .  Since t h e  range of t es t  parameter (i.e., 
d i s t a n c e  from the  sur face ,  nozzle a r e a  r a t i o ,  and motor cant  angle)  
envelop most of the  p r a c t i c a l  range f o r  s p a c e c r a f t - a p p l i c a t i o n ,  and 
s i n c e  s o l i d  rocke t  motors used i n  upper s t a g e  o r  spacec ra f t  a p p l i c a t i o n  
w i l l  probably have more than 100 p s i a  chamber pressure ,  i t  is reasonable  
t o  expect  t h a t  t h e  assumption of continuum flow w i l l  be va l id .  The assump- 
t i o n  of laminar flow along t h e  su r face  i s  probably a l s o  good s i n c e  the  dens i ty  
of t h e  flow i s  low and the re  i s  a f avorab le  pressure  g rad ien t  i n  t h e  vacuum 
app l i ca t ion .  
The c a l c u l a t i o n  of the h e a t  t r a n s f e r  p r o f i l e  over a l a r g e  su r face  
. 
r e q u i r e s  the  use of two separa te  hea t  t r a n s f e r  r e l a t ionsh ips :  (1) stagna-  
t i o n  hea t ing  (used i n  the normal shock region)  and (2) laminar f l a t  p l a t e  
hea t  t r a n s f e r  (used i n  t h e  oblique shock region) .  The genera l  form of the  
Kemp and Riddel empir ica l  s a t e l l i t e  r e -en t ry  hea t ing  equat ion (Reference 12) 
w a s  used wi th  an empir ica l ly  determined cons t an t  t o  c o r r e l a t e  t he  convect ive 
h e a t  t r a n s f e r  i n  t h e  normal shock region.  Equation 10 i s  a s i m p l i f i c a t i o n  
o f  t h e  c o r r e l a t i n g  equat ion presented i n  Reference 11. 
p2 % 55000(-) 
(10) 
= RT2 (1 - - T211. 625 TW 
TT TT 
(1 - -1 3h qN 8 + -  
4Re 
2 = convect ive heat  t r a n s f e r  i n  the  normal shock reg ion  (BTU/ft sec) 
= l o c a l  s t a t i c  pressure a t  the su r face ( lbF / f t  ) 
= gas cons tan t  (1544/molecular weight) ( f t l b f / l b m  R) 








e = nozzle  a r e a  r a t i o  
h = d i s t ance  of nczzle  above the  s u r f a c e  ( inches)  
= nozzle  r ad ius  ( inches)  Re 
0 TT = plume gas s tagnat ion  temperature ( R) 




The above equat ion i s  app l i cab le  only i n  t h e  normal shock region. 
should be pointed out  t h a t  t h e  poin t  of peak gaseous plume impingement 
hea t ing  has been found experimental ly  t o  co inc ide  wi th  the  poin t  of  peak 
impingement pressure.  Consequently, t h e  l o c a t i o n  of the  peak hea t ing  does 
n o t  n e c e s s a r i l y  occur i n  t he  normal shock region.  I n  f a c t ,  t h e  peak Impinge- 
ment p r e s s u r e ,  and hea t ing  genera l ly  occur i n  the  obl ique  shock region. 
It 
The form of t h e  Van Driest  laminar flow equat ion (Reference 13) 
w a s  modified wi th  a c o r r e l a t i n g  cons tan t  t o  approximate the  hea t  t r a n s f e r  
i n  t h e  obl ique shock region.  A s i m p l i f i c a t i o n  of the equat ion  o r i g i n a l l y  
d i sc losed  i n  Reference 11 i s  presented below (equat ion 11). 
where: T2 - l o c a l  s t a t i c  pressure  a t  t h e  s u r f a c e  (OR) 
0 = su r face  temperature ( R) 
TW 
M2 = l o c a l  s t a t i c  Mach number downstream of t h e  obl ique  shock 
y = plume s p e c i f i c  heat  r a t io  
g = 32.2 ( f t  l b  m/lg f sec ) 
R 
2 
= gasconstant  (1544/gas molecular weight ( f t  l b  f / l b  OR) 
P2 = l o c a l  s t a t i c  pressure  a t  t h e  su r face  ( i b f i f t L )  
Z = d i s t a n c e  measured from end of t he  normal shock region t o  t h e  
poin t  of i n t e r e s t  ( f t )  
It should be noted t h a t  t he  above equat ion  w i l l  g ive  erroneous s o l u t i o n s  i f  
t h e  d i s t ance  from the normal shock reg ion  (Z) becomes small. As previously 
mentioned, the peak su r face  heat ing co inc ides  wi th  the  peak s u r f a c e  pres-  
sure .  I f  the  poin t  a t  which the  peak pressure  occurs  i s  i n  the  obl ique  shock 
region,  then equat ion  (11) i s  v a l i d  f o r  l o c a t i o n s  downstream of t h a t  po in t .  
I f ,  however, the  po in t  of  peak pressure  occurs  i n  o r  near t h e  normal shock 
reg ion ,  then the  maximum heat ing computed i n  t h e  normal shock reg ion  should 
be used a t  (o r  ex t r apo la t ed  t o )  t he  po in t  of peak pressure .  Figure 12 
i l l u s t r a t e s  the combination of t h e  c o l d  w a l l  convect ive hea t  t r a n s f e r  rates 
from both the normal and oblique shock xegion f o r  a t y p i c a l  c e n t e r l i n e  
impingement hea t ing  case.  
Surface heat ing p r o f i l e s  may b e  cons t ruc ted  i n  a manner similar 




s i g n i f i c a n t  problem i n  obta in ing  o f f - cen te r  hea t  t r a n s f e r  r a t e s  i s  e s t a b l i s h i n g  
t h e  proper l eng th  t o  be used i n  equat ion (11) f o r  the obl ique shock region 
hea t  t r a n s f e r .  An approximation can be made by cons t ruc t ing  on the su r face  
pressure  p r o f i l e  t h e  l i n e  separa t ing  the normal and obl ique  shock reg ions ,  
and  drawing a l i n e  along t h e  sur face  from the  po in t  of i n t e r e s t  r a d i a l l y  
toward t h e  nozzle .  The d i s t ance  along t h i s  l i n e  from the  poin t  of i n t e r e s t  
t o  t h e  l i n e  sepa ra t ing  the  normal and obl ique shock r eg ions  may be used t o  
approximate t h e  va lue  of Z. Actual su r f ace  s t reaml ines  may be cons t ruc ted  
from the t r u e  impingement angles;  however, t h e  a d d i t i o n a l  c a l c u l a t i o r s  and 
p l o t t i n g  r equ i r ed  are not  commensurate wi th  t h e  a d d i t i o n a l  accuracy gained. 
With t h e  information presented i n  the above paragraphs i t  i s  poe- 
s i b l e  t o  e s t ima te  t h e  l o c a l  plume impingement convect ive heat ing p r o f i l e s  
on f l a t  o r  c y l i n d r i c a l  sur faces .  The c a l c u l a t i o n  of the  convect ive hea t  
t r a n s f e r  r e q u i r e s  5 genera l  s teps:  (1) e s t a b l i s h  t h e  undis turbed plume pro- 
f i l e ,  (2) determine the  l o c a l  s t a t i c  plume p r o p e r t i e s  ( P  ,T ,M a t  the  
r a d i a l  and a x i a l  l o c a t i o n s  Qocated w i t h  r e s p e c t  t o  the  nozzle)  a t  the poin t  
of i n t e re s t  on the  su r face ,  (3) compute t h e  t r u e  impingement angle,  (4) 
compute the  l o c a l  s t a t i c  p rope r t i e s  ( P  T M ) on t h e  sur face  a t  t h e  poin t  
o f  i n t e r e s t  w i th  the  normal o r  obl ique shock r e l a t i o n s ,  (5) compute t h e  l o c a l  
convect ive h e a t i n g  w i t h  the  appropr ia te  (normal shock o r  ob l ique  shock region) 
convect ive hea t  t r a n s f e r  equation. 
v 1 1J) 
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SECTION 4 
PLUME FLOW FIELD CALCULATIONS 
The p a r t i c l e  t r a j e c t o r y  computer program has been completed and 
8 checked out .  
i s  s t i l l  being checked o u t  under another  N.A,S.A. con t rac t .  The program 
should be completed i n  t o t a l  i n  t h e  near  f u t u r e  and a t  t h a t  t i m e ,  a d e t a i l e d  
program desc r ip t ion ,  i npu t  tes t ,  and program card  deck w i l l  be de l ive red  
The gas flow field program which has been previously descr ibed  
t o  J.P.L. 
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I 
9. R e  C. Bauer and R. L. Schlumpf, ' 'Experimental I n v e s t i g a t i o n  of Free  
J e t  Impingement on a F l a t  P l a t e , "  AEDC, Report No. AEDC-TN-60-223, 
March 1961. 
10. A. R. Vick and E. H. Andrews, Jr., "An Experimental I n v e s t i g a t i o n  of 
Highly Underexpanded Free J e t s  Impinging upon a P a r a l l e l  F l a t  P la te , "  
NASA Langley, unpublished a s  of Sept. 1963. 
11. E. T. P i e s ik  and M. L. Lofland, "High-Vacuum Plume Impingement Tes t  
Report," North American Aviation (SaLID) Accession No. 86086-64 
August 1964. 
N. H. Kemp and F. R. Riddel1, 'Reat Transfer  t o  S a t e l l i t e  Vehicles 
Re-entering the  Atmosphere," J e t  Propulsion, Vol .27  (Feb. 1957). 
12. 
13. E. R. Van Dr ie s t ,  Inves t iga t ion  of Laminar Boundary Layer i n  
Compressible F lu ids  Using the  Crocco Method, NACA TN 2597 (1952). 
REFERENCES 
1. N. R.  Sorensen, Proc. of Seventh Symposium on iiyperveloeity 
Impact, Vol. V I ,  page 281 (1965). 
2. W. C. Kuby, "Proposal f o r  E f fec t s  of Impingement of Rocket Exhaust 
Gases and So l id  P a r t i c l e s  on a Spacecraft , ' '  Aeronutronic PrQposal 
No. P-l5244(U), submitted to  J.P.L., Aug. 1965. 
3. W. C. Kuby, F i f t h  Monthly Progress L e t t e r ,  "Effects of Impingement 
of Rocket Exhaust Gases and So l id  P a r t i c l e s  on a Spacecraft ,"  
Aeronutronic Div., Philco-Ford Corp., J.P.L. Contract No. 951246, 
2 Sept. 1966. 
4 .  R. A. Dobbins, e t . a l . ,  "Measurement of Mean P a r t i c l e  S i z e s  of Sprays 
from D i f f r a c t i v e l y  Sca t te red  Light," AIAA Journa l ,  Vol. 1, No. 8, 
Page 1882, Aug. 1963. 
5 .  Alcoa Aluminum Handbook, 1964. 
6. J. A. Fay and F. R. Riddel l ,  "Theory of S tagnat ion  Point Heat Transfer  
i n  Dissoc ia ted  A i r , "  J. Aero. Sci.,  25, 73-85,1958. 
7 .  J. C. Boison and H. A. Cur t i s s ,  "An Experimental I n v e s t i g a t i o n  o f  Blunt 
Bzdy Stagnat ion  Point Velocity Gradient," A R S  Journa l ,  Page 130, Feb. 1959. 
8. C. H. Lewis, S i x t h  Monthly Progress L e t t e r ,  "Ef fec t s  of Impingement 
of Rocket Exhaust Gases and S o l i d  P a r t i c l e s  on a Spacecraft ,"  
Aeronutronic Div., Philco-Ford Corp., J.P.L. Contract No. 951246, 







































0 H -0 Rocket Simulator 
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FIGURE 2 - A1 0 PARTICLE VELOCITY AT NOZZLE 
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FIGURE 3 - IMPINGEMENT DAMAGE AS A FUNCTION 
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LTCLVTED NOZZLE F I R I N G  OVER A FLAT SURFACE 
- -- Lines of Constant Local  Flow Prope r t i e s  P,M,T,y 
Flow Streamlines  -- Location of Center l ine  Impingement 
'a ct = True Impingement Angle f o r  Cen te r l ine  Case 
Impingement Surface Drawn P a r a l l e l  t o  Nozzle Axis but  
Perpendicular  t o  t h e  Plane of t he  Plume (R-X) 
9 The Line on t h e  Surface Cal led t h e  Cen te r l ine  is Defined 
by t he  Locus of Points Contained by Both the  Plane of t h e  
which i s  Tangent t o  the Surface and Perpendicular  t o  the  
Plane of t h e  Plume 
-Plume (which a l s o  Contains the  Nozzle Axis) and a Plane 
FIGURE 6 - ROCKET PLWZ IMPINGEMENT ON A FLAT SURFACE 
(CENTERLINE CASE) 
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TRUE IMPINGEMENT ANGLE FOR UNCANTED NOZZLE 
FIRING OVER A FLAT PLATE 
1.- I t  
End View of N o z z l e  
P l a n e  View of Plume P r o f i l e  
FIGURE 7 - ROCKET PLUME IMPINGEMENT ON A 
FLAT SURFACE (OFF CENTER CASE) 
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FIGURE 8 - ROCKET PLUME IMPINGEMENT 
ON A FLAT SURFACE 
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. L- Center Line Impingement 
CENTER LINE IMPINGEMENT 
Plane  of Plume 
Contains Axis of Cylinder  
Nozzle Axis (X) may be 
P a r a l l e l  t o  o r  Canted 
t o  Cylinder Axis ( 6  - > 0 )  
Impingement P r o p e r t i e s  
and True Impingement 
Angle Read Di rec t ly  
OFF CENTER IMPINGMENT 
Uncanted Nozzle (6 = 0) 
(Y =Angle Measured 
Between t h e  
Nozzle Axis and 
St reaml ine  a t  t h e  
P o i n t  of I n t e r e s t  
0 
A l l  Dimensions Normalized 
By Nozzle Ex i t  Radius 
\ 1 
True V i e w  of t h e  P lane  
Cnzltaining the  P l u m e ,  
Nozzle Axis, and t h e  
Po in t  of I n t e r e s t  On 
t he  Cy l ind r i ca l  Sur face  
End V i e w  of Nozzle S ide  View' .  of Nozzle 
FIGURE 10a - PITCH OR YAW ROCKET PLUME IMPINGEMENT 
ON A CYLINDRICAL SURFACE 
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FIGURE 10b - PITCH ORYAW ROCKET PLUME IMPINGEMENT 
ON A CYLINDRICAL SURFACE 
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FIGURE 11 - OBLIQUE SHOCK SOLUTIONS 
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